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SUMMARY 


Experimental lift, drag, and pitching -moment characteristics are 
presented for several wing -body combinations. The leading edges of the wings 
are two straight-line segments of different sweep angles (referred to as 
"cranked” planforms). As a basis for comparison, one combination had a wing 
of triangular planform. Each wing was planar and was mounted separately on 
a cylindrical body of revolution which had a Sears -Haack nose. 

Experimental results are presented for a Mach number range from 0.4 to 
2.94 at a constant Reynolds number of O .89 million. Results predicted by 
methods involving linear wing theories and slender-body interference effects 
are compared with the results measured at small angles of attack throughout 
the Mach number range. 

Large leading-edge extensions over the inboard portion of the wing span 
produced nonlinear pitching-moment curves. There were no other large effects 
of leading -edge extensions; however, a theoretical analysis indicated that 
warping should improve the lift -drag ratio of one cranked planform about 
10 percent whereas the triangular planform should derive practically no 
benefit from warping. 

At low subsonic Mach numbers, practically no Reynolds number effect was 
indicated for the pitching -moment results obtained for two of the models at 
Reynolds numbers of O .89 and 13*7 million. 


INTRODUCTION 


The effects of curved and cranked leading edges on the aerodynamic 
characteristics of low-aspect-ratio wings mounted on bodies have been inves- 
tigated at Mach numbers from about 0.4 to 3.0. The initial part of this 
investigation (ref. 1) shows that some gains in aerodynamic efficiency over 
that of a triangular planform are attainable (an increment in maximum (l/d) 
of 0.2 to 0.5) throughout a Mach number range from 0.7 to 2.94 by use of 
spanwise variation of leading-edge sweep, that is, an "ogee" planform. The 



planforms discussed herein have leading edges consisting of two straight lines 
which should have practical manufacturing advantages over the "ogee 11 planforms 
they approximate. 

Part of the present investigation was devoted to the study of the effects 
of leading-edge geometry and planform variation on the linearity of the 
pitching -moment curve , particularly at high angles of attack and low Mach 
numbers. Low-aspect -ratio cranked wings are characterized by a strong vortex 
flow at high angles of attack which generally emanates and is discharged from 
the leading edge from which the flow ultimately rolls up into several discrete 
vortices. This separated vortex flow., the governing geometrical factors that 
produce it, and its relation to the surface pressures that cause static longi- 
tudinal instability on these wings are not clearly understood or predictable 
at this time. Most of the wings in the present investigation were designed 
to have a maximum thickness of 3“Percent chord, constant along the span. The 
effect of variable thickness distribution along the span was investigated with 
two wings. All the cranked wings were designed to have subsonic leading edges 
over the inboard portions of their spans throughout the test Mach number 
range; consequently, these wings had rounded leading edges and subsonic-type 
profiles over this part of their spans. However, one cranked wing was tested 
with a sharp leading edge along its entire span to determine if the subsonic 
profile provided any benefits in aerodynamic efficiency. 

Since the Reynolds number of the tests, based on the average wing chord, 
was less than 1 million, there was some concern regarding the application of 
the results to a full-sized airplane, especially at high angles of attack 
where some flow separation occurs. Consequently, data for two models have 
been correlated with data obtained on large-scale, geometrically similar 
models at a Reynolds number of about 13*7 million. 

Experimental results at small angles of attack, where the flow is essen- 
tially attached and the curves are linear, are compared with results predicted 
by composite linear theories described in the appendixes. These theories 
include mutual interference effects between wing and body. 


NOTATION 


b wing span 

C* uncorrected drag coefficient, , ( me . asured -) 

D qS 


“D 



drag coefficient corrected to zero leading-edge thickness and to 

an all-turbulent boundary layer, (corrected) 

qS 

minimum drag coefficient, corrected for zero leading-edge thickness 
and an all-turbulent boundary layer, obtained from an extrapolation 
of the drag-due -to -lift curve to zero lift coefficient 
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estimated increment of skin-friction drag coefficient for 
completely turbulent flow on the model 



estimated increment of drag coefficient associated with the 
slightly blunted leading edges 


C 


L 


lift coefficient. 


lift 

qS 



C 


m 


lift coefficient for minimum drag computed from best fitting 
parabola to experimental drag polar for data taken above 

a s 30 


pitching-moment coefficient. 


pitching moment about moment 
centers shown in figure l 1 
qSc 


c^L 


lift-curve slope measured at C L = 0 




drag-due -to-lift factor 



maximum ratio of lift to corrected drag, 



pitching -moment curve slope measured at = 0 


c 

c 

M 

q. 

R 

r 


local wing chord 

mean aerodynamic chord of triangular wing (4.218 in.) 

Mach number 

free-stream dynamic pressure 

Reynolds number based on the average chord of triangular wing 
body radius 


x The moment center for each model, except model 10 , was 4.288 inches 
ahead of the body trailing edge and corresponded to the 0.25 c position for 
model 1. For model 10, the wing and moment center were shifted forward on 
the body the same amount, 2.064 inches. 
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S wing area of triangular wing including area blanketed by body (21. 75 in. 2 
for models, 9970 ft 2 for flight example) 

a angle of attack 


MODEL DESCRIPTION 


Complete dimensional data and sketches of each model are given in 
figure 1. Model 1, considered the base model with a triangular planform, had 
the same geometry as the triangular -winged model of reference 1, but the pro- 
file was a circular arc (0.03 c thick) instead of a hexagonal profile (0.02 c 
thick) . The thicker profile was selected since it was believed to be more 
representative of current structural design practice. To facilitate a com- 
parison of the experimental results of several models, models 1 through 7 were 
designed with the same exposed span and exposed area, and hence the same 
exposed aspect ratio of 2.2. Models 2 through 7 had the same leading-edge 
sweep of 70 on the inboard part of each wing, but the sweep over outboard 
regions of each wing varied to maintain the same exposed area, trailing-edge 
geometry, and tip chord. Models 8 and 9 were designed with identical spans 
and exposed areas; hence, they had the same exposed aspect ratio of 1.5* On 
these models the leading-edge sweep of the inboard part of the wing was 82° 
and the outboard portion was 60°; the trailing edges were unswept. As shown 
in figure 1, models 8 and 9 differed from each other in the distance from the 
body to the notch point on the leading edge and in the taper ratio. 

Most of the inboard portion of the wing leading edge of model 10 had a 
sweep of 82°; however, an arbitrary fairing for the wing leading edge was 
used at the body nose. The equation for this fairing is given in figure l(g). 
The leading- and trailing-edge sweep angles on the outer portions of the wings 
of this model and model 11 were the same as for model 1, 59° and -10°, 
respectively. 

Model 11 was geometrically similar to an existing large-scale model 
previously tested in the Ames 40- by 80-Foot Wind Tunnel. This model was 
formed by adding a sharp-edged, flat-sided extension to the wing leading edge 
of model 1 (see figs. l(a) and 1(h)). The sweepback angle of this extension 
was 77-4°. The exposed aspect ratio changed from 2.2 to 1. 9 as a result of 
this leading-edge extension. 

Each wing was mounted in the horizontal plane of symmetry on a body of 
revolution with a Sears-Haack nose (defined in fig. 1(a)) and a cylindrical 
afterbody. The intersection of the wing trailing edge and the body was 1 inch 
from the body base for all models except model 10 for which this distance was 
3.064 inches. 

The models were mounted on a six-component electrical strain-gage balance 
which was sting supported through the base of the body. 

All models except 1 and 11 were centrifugally cast in one piece from a 
beryllium-copper alloy with an ultimate strength of 70,000 psi and a yield 
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strength of 40,000 psi. The alloy was 2 to 2.25 percent beryllium, 0.35 to 
0.65 percent cobalt, and the rest copper. Models 1 and 11 were of solid 
steel. 

To preserve smooth leading and trailing edges, all models had slightly 
blunt edges. Experience has shown that if the leading edge is too sharp, 
imperfections produced in fabrication or during wind-tunnel operation will 
cause premature transition. The following average thicknesses were measured 
from cross-sectional slices made through wax impressions of each edge. 


Model 

Leading-edge thickness, 
in. 

Trailing-edge thickness, 
in. 

1 

0.006 

0.011 

2 

.007 

.010 

3 

.003 

.003 

k 

.007 

.012 

5 

.007 

.007 

6 

.on 

.015 

7 

.008 

.011 

8 

.006 

.011 

9 

.005 

.006 

10 

.012 

.011 

11 

.006 

.011 


TEST PROCEDURE 


The tests were conducted at Mach numbers of 0 . 4 , 0 . 7 * 0 . 9 j 1 . 0 , 1 . 1 , and 
1.4 in the Ames 2 - by 2 -Foot Wind Tunnel and at Mach numbers of I.98 and 2.94 
in the Ames 1 - by 3 -Foot Supersonic Wind Tunnel. The unit Reynolds number 
was held constant throughout the test at 2.5 million per foot; therefore, the 
Reynolds number, based on the mean aerodynamic chord of model 1 , with the 
triangular wing, was O.89 million. 

At Mach numbers from 0.7 to 2 . 94 , each model was pitched through an 
angle-of -attack range from - 4 ° to + 12 ° in 1 ° increments. At a Mach number of 
0.4 the sting was offset at two different angles to cover a wider angle-of - 
attack range. For this Mach number each model was first pitched through an 
angle-of -attack range from -2° to +l 4 ° and then through an angle-of -attack 
range of 5° to 21° in 1° increments. 

As in reference 1 , all data were obtained with natural transition. The 
drag presented in the summary figures, however, was corrected to conditions 
corresponding to an all -turbulent boundary layer by the method of reference 1. 
The location of boundary-layer transition, which is required to correct the 
drag data, was determined from sublimation photographs taken at an angle of 
attack of 4°, which corresponded approximately to that for maximum lift-to- 
drag ratio for all models at all Mach numbers. 
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REDUCTION OF DATA 


Corrections 

The measured axial force was adjusted to the condition of free-stream 
static pressure acting on the model base* The angle of attack was corrected 
for sting and balance deflections due to pitching moment and normal force. 

The normal forces, pitching moments, and axial forces were corrected for 
first-order interactions between the various components of the balance. No 
temperature correction was applied as this correction was found to be 
negligible experimentally (the balance used was temperature compensated). 

Although all models were designed to be symmetrical about a horizontal 
plane, the experimental data were slightly asymmetric. This asymmetry in the 
data may be due to wind-tunnel flow angularity and curvature, model manufac- 
turing errors, and misalinement of the balance axis with the model axis. To 
correct for these effects, duplicate runs were made with the model upright 
and inverted. These data were used for correcting the basic lift and 
pitching -moment data (figs. 2-12, 18, and 19 ) to insure that C L and C m were 
zero when the angle of attack was zero. After the lift data were corrected 
a slight asymmetry remained in the drag polar. This condition, therefore, 
accounts for an apparent measured for the models. A correction for the 

apparent was applied to the drag -due -to -lif t factors and the factors 

derived therefrom - the minimum drag coefficient, the drag due to lift, and 
maximum lift -drag ratio. 

The drag data presented in the summary figures were corrected to 
conditions corresponding to an all -turbulent boundary layer by the method 
presented in appendix A of reference 1; the effects of the slightly blunted 
leading edges were taken into account by the method presented in appendix B 
of reference 1. (The leading-edge thicknesses used in the calculations are 
given under Model Description. ) No corrections were applied for the finite 
thickness of the trailing edges. The skin friction and bluntness drag cor- 
rections which were applied are listed in table I. 2 Only the drag data pre- 
sented in figures 14 through l6 were adjusted for all these drag corrections. 


Maximum Lift -Drag Ratio 

The maximum lift-drag ratios presented in figure 1 6 were computed from 
the faired curves of [8 C-q/8(C l - C-p ) 2 ] a > 3 o and C-p as a function of Mach 
number (figs. 14 and 15)- This procedure was used°because the drag polars 
are parabolic for angles of attack above about 3° as indicated by the linear- 
ity of the drag -due -to -lift curves shown in part (c) of figures 2 through 11. 
Below an angle of attack of about 3 °, the nonparabolic drag polar indicated 
there was more laminar flow on the model than at the higher angles of attack 

Corrections for model 11, which was tested over only a limited super- 
sonic Mach number range, are not included in table I since this model was 
tested primarily to indicate if Reynolds number effects exist at low Mach 
numbers. 
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(cf. the experimental points in fig. 9(b) with the dashed, part of the curve 
for a parabolic drag polar). The equation used for computing the maximum 
lift -drag ratios presented in figure 1 6 is: 



1 

2 


I (C D )SC D /S(C L - c L ) 2 

VO O 


The data accuracy based on repeatability and known precision of the measuring 


equipment is listed below. 




C L 

±0.002 

a 

±0.05° 

C m 

±0.004 

M 

±0.01 

C D 

±0.0002 

R 

±0.01x10® 


In addition, other inaccuracies are caused by shrinkage and warpage of 
cast models and flow nonuniformities in the wind tunnel. Such effects will be 
reflected primarily as small increments in angle of attack or pitching moment 
at zero lift. 

The coordinates of each model were carefully measured with a dial gage 
and compared with the specified coordinates. Wave drag at several supersonic 
Mach numbers was computed for models whose coordinates showed the greatest 
deviation from the specified coordinates. It was found that these deviations 
caused increments in the drag coefficient of less than 0.0001. 


THEORETICAL METHODS OF ANALYSIS 


Details of the methods used in estimating the subsonic and the supersonic 
aerodynamic characteristics are summarized in appendixes A and B, respectively. 
For subsonic Mach numbers, two different methods were used to obtain the lift 
and center of pressure on the primary wing panels (outboard of the leading- 
edge notch point). In method 1, the DeYoung "rule of thumb" equation (ref. 2) 
is used and in method 2 the Lomax-Sluder theory (ref. 3) is used to estimate 
the lift and center of pressure on the primary wing panels. Since the Lomax- 
Sluder theory is given in reference 3 only for rectangular and triangular 
wings, this theory was applied only to wings 1, 8, and 10. 

In method 3 for supersonic Mach numbers, the lift and center of pressure 
for the wing were estimated from the influence coefficients of reference 4. 

For all three methods the mutual interference effects between the wing panels 
and the body were estimated by the method of reference 5* Also, throughout 
the Mach number range, because the wing panels were thin and of low aspect 
ratio, the resultant force was assumed to be normal to the wing plane of sym- 
metry; therefore, no leading-edge thrust was assumed and the drag-due -to -lift 
factor was the reciprocal of the lift-curve slope. The turbulent 
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skin-friction drag coefficients 3 -were computed from Schlichting's incompress- 
ible equation (ref. 6 ) with the compressibility accounted for by the method 
of Sommer and Short (ref. 7). At supersonic Mach numbers, wave drag was cal- 
culated by application of the supersonic area rule to an "equivalent” body of 
revolution for each wing-body combination. 


RESULTS AND DISCUSSION 


The lift, drag, pitching moment, and drag due to lift are presented in 
figures 2 through 12. The maximum lift-drag ratios, minimum drag coefficients, 
lift-curve slopes, drag-due -to-lift factors, and pitching -moment curve slopes 
obtained from the data of figures 2 through 11 are summarized in figures 13 
through 17 . Summary plots of minimum drag coefficient and maximum lift-drag 
ratio are presented for an all -turbulent boundary layer and zero leading-edge 
bluntness. Estimated values of the above aerodynamic parameters also are 
shown on the summary plots. Results obtained at Reynolds numbers of O .89 and 
I 3.7 million for two of the models, 1 and 11 , are presented in figures 18 and 
19 , respectively . 4 

At M = 0.4, the pitching -moment results for the triangular wing 
(fig. 2 (a)) show a reduced longitudinal stability at lift coefficients 
between about 0.5 and 0.7* The cranked planform with the smallest leading- 
edge extension, model 2 (fig. 3 ) > appears to lose longitudinal stability more 
gradually over a wider lift -coefficient range than did model 1. The cranked 
planforms with larger forward extensions of the wing leading edge, however, 
have a much greater tendency toward longitudinal instability. (Compare 
fig. 3 (a) with fig. 8 (a), and fig. 9(a) with fig. 10 (a).) There is also evi- 
dence that those models which exhibited instability tendencies at M = 0.4 
also would have similar tendencies at M = 2.94 at the higher angles of attack 
(see part (a) of figs. 8 - 11 ). 


Lift 

Experimental (M = 0.4).- A small leading-edge extension increased the 
lift-curve slope with increasing angle of attack, the larger leading-edge 
extensions did not. (Compare results for model 1 with those for models 2 
and 7 .) Although the leading-edge extensions for both models 2 and 7 produce 
considerable nonlinearity in the lift curves, model 7 is effectively a lower 
aspect-ratio wing with greater leading-edge sweep than model 2 ; therefore, 
the associated lower lift-curve slope near C^ = 0 for model 7 overrides the 
beneficial effect of nonlinearity at the higher lift coefficients. The 
approximate angles of attack required to attain a lift coefficient of 0.8 are 
summarized in the following table. 

S A11 data presented in figures 14 through 1 6 were corrected to conditions 
corresponding to an all-turbulent boundary layer as indicated under Reduction 
of Data. 

4 These results are not modified to the conditions of zero bluntness and 
an all-turbulent boundary layer. 
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Model 

Figure 

a C L =0.8> de § 

Exposed wing 
aspect ratio 

1 

2(a) 

17 

2 

.2 

2 

3(a) 

15 



3 

4(a) 

17 



7 

8(a) 

18 

\ 

t 

8 

9(a) 

20 

1 

.5 

9 

10(a) 

17 



10 

11(a) 

18 

\ 

' 

11 

12(a) 

15 

1 , 

.9 


Some of the differences in the angles shown in the table are related to the 
fact that models with lower aspect ratios have lower lift -curve slopes. 

Theoretical . - At subsonic Mach numbers , for wings with triangular panels 
(see fig. 13 ; models 1, 8, and 10), method 2 (ref. 3) gives better agreement 
with experiment than method 1 (ref. 2) for the lift-curve slope. For the 
other models (2-7, 9) on which the outer main wing panels are trapezoidal, 
method 1 does not predict the large increase in lift -curve slope at transonic 
Mach numbers. At supersonic Mach numbers up to about 2.0, the predicted 
generally agrees well with the measured except for models 8 and 10 (the 

only models with the leading-edge extension originating at the body nose) ; 
at higher Mach numbers the experimental Cr were generally larger than 
predicted. x 


Drag Due to Lift 

Experimental . - The drag-due -to -lift factor 8 C-q/8(C l - ) 2 is impor- 

tant because of its contribution to the maximum lift-drag ratio. The effi- 
ciency of thin low-aspect -ratio wings can be evaluated by comparing the 
measured dC^/c^C-^ - ) 2 to the reciprocal of the measured lift -curve slope 

representing no leading -edge thrust. Drag efficiency factors 5 representing 
this comparison were computed from the results in figures 13 and 14 and are 
summarized in the following table for four Mach numbers. 


5 A positive number for this factor means that the resultant-force vector 
is tilted forward of an axis perpendicular to the wing-chord plane so that 
some leading-edge thrust is realized. 
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[(l/<0 ‘ 8C D/ a < C L 

- 

Model 

M = 0.4 


1 

o. 16 


2 

.24 


3 

.18 


4 

.11 


5 

•17 


6 

.23 


7 

.19 


8 

.28 


9 

• 38 


10 

.29 



M = 0.8 

0.17 

.11 

.11 

.09 

.22 

• 13 
.07 
.20 
.227 

• 17 


M = 1.2 

0.12 

.10 

.12 

.09 

.08 

.14 

.02 

.08 

.11 

.03 



M = 2.8 


- 0.01 

0 

.02 

.01 

.01 

.01 

0 

.02 

0 

0 


It can be seen that some of the cranked planforms had considerably more 
leading-edge thrust than the triangular planform (model 1) at M = 0.4. Also, 
at M = 0.4 and 0.8 using a round-nosed profile on the leading-edge extension 
instead of a sharp-nosed profile vas somewhat more beneficial (cf. the drag 
efficiency factors for models 3, 5 , and 6 having rounded leading edges with 
model 4 having a sharp leading edge). At M = 2.8 the cranked planforms 
generally had very nearly the same drag efficiency factors as the triangular 
planforms . 

Theoretical . - For the wings with triangular panels, method 2 (ref. 3) 
gave subsonic drag -due -to -lif t factors somewhat closer to the experimental 
factors than method 1 (ref. 2) (see figs. 14(a), (h), and (j)). The experi- 
mental factors for all the cranked wings, however, are considerably lower than 
predicted. This larger disparity between the theoretical and experimental 
values for the cranked wings results primarily because those planforms have 
higher lift-curve slopes than predicted. At supersonic Mach numbers, where 
practically no leading-edge thrust was realized for any of the planforms, the 
estimated drag-due-to-lift factors show fair to good agreement with the exper- 
imental factors, except for model 8. At supersonic Mach numbers, the agree- 
ment between the theoretical and experimental drag-due-to-lift factors is, 
generally, a reflection of the agreement of the lift-curve slopes of the 
respective models. 


Minimum Drag 

Experimental . - At subsonic speeds, the results presented in figure 15 
indicate that the cranked planforms have lower minimum drag than the tri- 
angular planform, a result which can be explained partly by the fact that 
the spanwise distribution of exposed wing area provides lower skin friction 
for the cranked planforms (as indicated in ref. 8). At transonic speeds, all 
models with cranked planforms except model 2 show less minimum drag than 
model 1, mainly because of the more favorable longitudinal distribution of 
cross-sectional area for the models with cranked planforms. At M = 2.94, 
those cranked planforms with large leading-edge extensions had considerably 
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lover minimum drag than the triangular planform, although this wing volume was 
50 percent or more greater than that for the triangular wing (cf. fig. 15(a) 
with figs. 15(h), (i) , and (j)). 

T heoretical . - As shown in figure 15, the minimum drag was predicted, 
generally, to within about 10 percent of the measured drag except for a few 
isolated cases at high supersonic Mach numbers. Near the highest Mach number, 
the minimum drag was higher than predicted, except for model 8. At M = 1.1 
all cranked planforms, except model 2, had less drag than the triangular plan- 
form as predicted. For highly elongated models, such as model 8, the minimum 
drag at supersonic Mach numbers was considerably less than that for the tri- 
angular model because of the favorable longitudinal distribution of cross- 
sectional area. 


Maximum Lift -Drag Ratio 

Experimental . - The measured maximum lift-drag ratios (fig. l6) for the 
various wings are shown in the table below for four Mach numbers. The ratio 
of the volume of each cranked wing to the volume of the triangular wing is 
also shown. 


Model 

( v °l) crank 

Maximum lift-drag ratio, (L/D) max 

< Vol >tri 

M = 0.4 

M = 0.9 

M = 1.2 

M = 2.8 

1 

1.00 

7-3 

8.5 

7.1 

5-6 

2 

1.05 

7-9 

8.8 

7-3 

5-4 

3 

1.16 

7-7 

8.9 

7.6 

5-6 

4 

1.10 

7-1 

8.4 

7-4 

5.5 

5 

1.42 

7-8 

9.0 

7-3 

5.6 

6 

.90 

7-7 

8.6 

7.4 

5-5 

7 

1.32 

7-3 

8.2 

7-0 

5-4 

8 

1.76 

6.6 

7-6 

6.5 

6.0 

9 

1.47 

7.6 

8.3 

7.4 

5.9 

10 

1.47 

7-2 

7-7 

6.6 

5-6 


It can be seen that some of the cranked planforms (e.g., model 9) give some 
improvement in the maximum lift -drag ratio over that for the triangular plan- 
form at subsonic and supersonic speeds and yet have more usable volume adja- 
cent to the fuselage. Similar improvements for an ogee planform over a 
triangular planform were reported in reference 1. 

Theoretical comparison .- At subsonic speeds, the maximum lift-drag ratios 
predicted by method 2 (ref. 3) planforms with triangular panels agreed 

somewhat better with the experimental values than values from method 1 (see 
figs. l6(a), (h), and (j)). Generally, the experimental lift-drag ratios 
shown in these figures were considerably larger than predicted at subsonic 
Mach numbers by either method because the predicted values of drag due to lift 
were too large. At supersonic Mach numbers, the theoretical maximum lift-drag 
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ratios agreed well with the experimental ratios except for model 8. For the 
latter model, both the measured drag due to lift and minimum drag were smaller 
than predicted as shown in figures 14(h) and 15 (b) . 

Theoretical potential for l/p by warping, - Although the experimental 
study was limited to models with planar wings, it is important to note that a 
warped wing surface would improve the lift-drag ratio in cruising flight. To 
show the full theoretical potential of cranked planforms, the improvement in 
the lift-drag ratio to be expected from warping was calculated by the method 
of reference 4 which gives the optimum cambered wing surface and the associ- 
ated pressure drag. The results from this study with the flight conditions 
assumed are given in the following table. 


Assumed flight conditions: ~| 

M = 3.0 

Altitude = 70,000 ft 

S = 9,970 ft 2 

c L = 0.07 

Model 

l/d 

Flat wing a 

L/D b 

Warped wing 0 

1 (Triangular wing) 

6.8 

6.85 

9 (Cranked wings) 

7.6 

8.47 


a Values obtained by extrapolating the exper- 
imental l/d values to the flight Reynolds 
number at the selected C L and M. 

^Values obtained from the flat -wing values 
by applying the calculated decrement in drag due 
to warping at the selected C-q and M. 

The triangular wing with its supersonic leading edge gains little in lift- 
drag ratio from warping, whereas the cranked wing with its leading edge 
partially subsonic theoretically can be improved about 10 percent. 


Aerodynamic Center Travel With Mach Number 

Experimental . - The aerodynamic center (a.c.) travel with Mach number 
(fig. 17) was" a maximum between subsonic and transonic Mach numbers and this 
maximum was nearly the same for the cranked planforms as for the triangular 
planform. However, for most of the cranked planforms at a Mach number of 2.94 
the a.c. was either approximately the same or slightly ahead of its respective 
subsonic value. The more favorable a.c. travel with Mach number for the 
cranked planforms should result in smaller trim drag penalties. These a.c. 
movements with Mach number are summarized in the table below. The negative 
values represent rearward movements in a.c. with increased Mach number. 
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Model 


1 

2 

3 

7 

8 

9 

10 


Theoretical . - At subsonic Mach numbers, for the planforxns with triangular 
wing panels, the experimental variation of a.c. with Mach number agreed better 
with the theoretical variation given by method 2 than by method 1 (see 
figs. 17(a), (h), and (j)). For those models without triangular wing panels, 
method 1, in which the lift is arbitrarily placed on the 25-percent chord line, 
gives an inadequate estimate of the aerodynamic movement with Mach number. At 
supersonic Mach numbers, the variation in a.c. location with Mach number was 
generally predicted correctly, although the absolute location of the a.c. was 
not closely predicted for models 8 and 10, as shown in figures 17(h) and 17 (j), 
respectively. The discrepancy between the theoretical and experimental a.c. 
locations for these two models was probably related to an inaccurate assump- 
tion of the location of the center of pressure on the body in the presence of 
the wing. 


(Aa -°- ) ^M=0.^ trans 

(Aa.c. ) m=0 .4-*2.94 

-0.15c 

-0.08c 

-.lie 

-.025 

-.155 

.015 

-.155 

.065 

-.145 

.05c 

-.165 

-.015 

-.135 

-.035 


Reynolds Number Effects 

As an aid in interpreting the subsonic results obtained with the small 
models investigated herein at a Reynolds number of only O.89 million, results 
are presented for two larger scale models of models 1 and 11, which had been 
investigated previously in the Ames 40- by 80-Foot Wind Tunnel at a Reynolds 
number of 13-7 million and a Mach number of 0.10. Data in figure 18(a) indi- 
cate practically no Reynolds number effect on either the lift or pitching- 
moment curves for model l; 6 however, data in figure 18(b) indicate a slight 
Reynolds number effect on the minimum drag and the drag due to lift. Part of 
the reason for the higher minimum drag in the 40- by 80-foot wind tunnel is 
the strut drag and strut influence on the wing drag. A three -strut support 
system was used in the 40- by 80-foot wind tunnel and a sting support was used 
in the 2- by 2 -foot wind tunnel. For model 11, data in figure 19(a) indicate 
only a slight Reynolds number effect on the pitching -moment curves and the 
lift-curve slope at the higher angles of attack, the higher value being mea- 
sured for the model at the higher Reynolds number of 13*7 million. As shown 
in figure 19(b), practically no Reynolds number effect was indicated for the 
drag due to lift, but the minimum drag is again higher for the model 
investigated at the higher Reynolds number in the 40- by 80-foot wind tunnel. 

6 A similar result can be noted for a sharp-edged triangular wing with an 
aspect ratio of 2.0 by comparing the lift and pitching -moment data obtained at 
a Reynolds number of 1.8 million (ref. 9) with those obtained at a Reynolds 
number of 15.4 million (ref. 10). 
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CONCLUSIONS 


From an investigation .of several wing-body combinations employing wings 
of cranked planforms throughout a Mach number range from 0.4 to 2.94, the 
following conclusions can be drawn. 

(1) Large leading-edge extensions on the cranked planforms severely 
reduced static longitudinal stability at high angles of attack. There was 
evidence that models that tended to be longitudinally unstable at M = 0.4 
would have similar tendencies at M = 2.94 at the higher angles of attack. 

(2) A small leading-edge extension produced a nonlinear lift curve and 
reduced the angle of attack required to attain a given high lift coefficient, 
but large extensions increased this angle. 

(3) Although the maximum travel in a.c. location with a change from 
subsonic to transonic Mach numbers was not greatly different for any of the 
planforms, with the leading-edge extensions the a.c. location was 
approximately the same at Mach numbers of 0.40 and 2.94. 

(4) At M = 0.4 some of the cranked planforms with round -nosed profiles 
had less drag due to lift than the triangular planform with a sharp-nosed 
profile; a cranked planform with a round-nosed profile on only the leading- 
edge extension also had less drag. The advantage, however, was not realized 
at supersonic Mach numbers. 

(5) Some of the cranked planforms had greater aerodynamic efficiency 
than the triangular planform, as reflected in the maximum lift -drag ratio 
at subsonic and supersonic Mach numbers. These wings also had considerably 
more usable volume than the triangular planform. 

(6) At low subsonic Mach numbers, practically no Reynolds number effect 
was indicated for the pitching -moment results obtained for two of the models 
at Reynolds numbers of 0.89 and 13*7 million. 

(7) At supersonic Mach numbers, the experimental lift -drag ratios agreed 
generally with the values predicted by linear theory combined with lift carry- 
over factors from slender -body theory. 

(8) The maximum lift-drag ratio of one cranked planform was not only 
higher than that of the triangular planform but, theoretically, warping would 
have improved this ratio about 10 percent at flight Reynolds number. 


Ames Research Center 

National Aeronautics and Space Administration 

Moffett Field, Calif., 94035, July 24, 1967 
720-01-00-02-00-21 
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APPENDIX A 


SUBSONIC THEORY 


Two methods will be presented for computing the lift and pitching- 
moment parameters at subsonic Mach numbers. Lift on the body and on the for- 
ward extensions of the cranked wings and the lift carry-over factors are the 
same for both methods. However, these methods differ in the theory chosen to 
estimate the lift and center of pressure on the primary lift producing panels 
(the outboard panels). In method 1, the DeYoung "rule of thumb" method 
(ref. 2) was used to estimate the primary panel lift and in method 2 the 
Lomax-Sluder theory (ref. 3) was used to estimate this panel lift. Details of 
method 1 and method 2 will be discussed below. 


Method 1 


Lift . - The lift-curve slope for each wing -body combination was computed 
as the sum of the contributions from the individual components. The areas and 
dimensions associated with these components are shown in the sketch below. 



where 

maximum cross-sectional area of the body 
S re f reference area of the triangular wing (21.75 in. 2 ) 
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The lift-curve slope of area II without body-induced, effects (Ci^-q 
was computed by the theory of reference 3* The lift-curve slope of area II 
with body-induced effects accounted for was obtained by multiplying (C-^)^ 

by the slender-body factor, from chart I of reference 5 for a given 

r TT /b TT< The lift-curve slope of area III was computed by applying the 
slender-body factor Kg^ from chart I of reference 2 to (C^)^ for a 
given r jj/bjj* The total lift -curve slope of areas II and III, 
becomes 

(Cl JlI+III = ^ Cr b-^II*- K W(B) + K B(W) ] riI /b I;[ (A2 

■where S-^ denotes area II. 

To compute the lift -curve slope of area IV, an effective sweep angle of 
the midchord line was first determined as 


A eff = cos 


-l 


COS (A c / 2 ) ± n S± n + cos ( A c J 2 ^ out S out 


^in + ^out 


(A3) 


where 

^in wing area between r^y and the trailing-edge notch point in area 
sketch 

£$out wing area between the trailing-edge notch point and the wing tip in 
area sketch 


This effective sweep angle was used in the DeYoung rule of thumb method 
(ref. 2) to find the wing-alone lift-curve slope of area IV, 

method was chosen because it is simple and gives approximately the same result 
for low -aspect -ratio wings as the more complicated Weissinger method (ref. 11) 
which gives an accurate prediction of lift-curve slope at subsonic speeds. 

The lift -curve slope of area IV, with body induction included, was computed 
by multiplying the slender-body factor from chart 1 of reference 5 

times (C L ) for a given r^y/b^y. Then the lift -curve slope of area V was 
computed by multiplying (C-^)^ times the factor from reference 5 for 


a given r 1 


A 


I V / -IV’ 


The total lift -curve slope of area IV and V becomes 


( c id 


Wiv+v 


2nA 


pA + cos A eff + PA n 


cos 


^(B) + ^(w) 


IV 

r iv/ b IV Sref 


IV 


(A4) 


where 


I 
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aspect ratio of area IV, 


^ b iv - r rv)* 


J iv 


(3 n/i - M 2 

M Mach number 

A eff effective sweep angle defined by equation (A3) 

The lift-curve slope for the entire wing-body combination at subsonic 
speeds, therefore, is 


Cl tt ( Cr <xP I + + ^ Cl *flV+V 


(A5) 


Pitching moment . - The center of pressure for the body nose, Sj, was 
taken from chart ^ of reference 5 * No additional corrections were applied 
because the nose was a Sears -Haack nose rather than the ogival nose of 
chart 9 ; this small difference in the noses would have small effect on the 
final results. 

The center of pressure of area II was taken from figure 14 of refer- 
ence 3. Center of pressures of areas III and V were computed separately from 
chart l 6 of reference 5 for values of [3A of areas II and IV and their 
respective r/s values anb r ivApv^‘ 

Implicit in the application of the Prandtl-Glauert compressibility rule 
to the Weissinger method presented in reference 2 , the span-load distribution 
with compressibility effects accounted for is considered to be carried by the 
l/4-chord line of the undistorted wing. In method 1 herein, with an elliptic 
span load assumed on area IV, it follows that the centroid of this load will 
act on the l/ 4 -chord line at a lateral distance out from the leading-edge 
notch point of (0.424) (b IV - r IV ). This l/4-chord line was taken as that 
for the equivalent planform with its midchord sweep defined by equation (A 3 ). 

Finally, the slope of the pitching-moment curve was computed as 


^m 

dc L 


+ + + 2 Iv( C Iq) IV + M C lJ v 

6 [ ( C Ifc t ) I + + ( ° I tt ) lll + ( % ) IV + ( ° I U ) V 3 


where 


(A 6 ) 


1 

1 




TV’ 


and Z T 


c 


distances from the assumed pitching -moment center to the 
center of pressures of each area shown in the area sketch 
(positive distances are ahead of the pitching -moment center) 

mean aerodynamic chord of the triangular wing ( 4.218 in.) 
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Skin -friction drag , - The skin-friction drag coefficient was computed by- 
integrating the average skin-friction coefficients over the entire surface of 
each model and then adjusting the result by the appropriate ratio of wetted 
area to reference area. The average skin-friction coefficient at a local 
spanwise station was computed from the Schlichting incompressible equation 
given in reference 6 adjusted for compressibility by the T* method of 
reference 7 as 


0.455(c F /c Fi ) 

” 2 . 58 


(at) 


where 

C^/Cp compressibility factor for a turbulent boundary layer given 
i .explicitly by equation (A 6) of reference 1 

R x Reynolds number based on the local reference length (either the 

local wing chord or the body length) 

In these calculations, the complete model was treated as a sharp-edged flat 
plate; therefore, wing thickness effects, body three-dimensional effects, and 
leading-edge bluntness effects were estimated to be small and were not taken 
into account. 

Drag due to lift .- In all cases, since the wings were thin and of low 
aspect ratio, drag due to lift was assumed to be equal to the lift times the 
angle of attack; hence, no leading-edge thrust was assumed. For symmetrical 
models, the drag-due -to-lift factor (SCp/SCp 2 ) becomes the reciprocal of the 
lift -curve slope. 

Maximum lift -drag ratio .- In accordance with the above assumptions, a 
parabolic drag polar was assumed so that the maximum lift -drag ratio is 



(A8) 


where 

lift -curve slope per radian 

Cn minimum drag coefficient 
v o 


Method 2 

In reference 1 it was found that the low-speed theory of Lomax-Sluder 
for low-aspect -ratio triangular wings (ref. 3) gave a better estimate of lift 
and center of pressure for this type wing than the theory of We is singer 
(ref. 11). For this reason, the lift and center of pressure for area IV of 
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the wings with triangular panels, models 1, 8, and 10, were also computed by 
the Lomax-Sluder theory. This method, in which the lift and center of pres- 
sure for all areas except area IV were computed as described for method 1, is 
designated method 2. 



APPENDIX B 


SUPERSONIC THEORY 


Method 3 

Lift and pitchin g mom ent . - The estimates of the lift and pitching -moment 
curve slopes for the wing alone were made by the method of reference 4. A 
similar but alternate method of computing the wing-alone values is given in 
reference 12. 

The mutual interference effects between the body and the wing lift were 
calculated by the method of reference 5* Again, the lift and pitching moments 
from the body nose were calculated by slender-body concepts as presented in 
appendix A. The center of pressure on the cylindrical portion of the body 
from which the pitching moments were derived was assumed to lie at 50 percent 
of the root chord. 

Drag . - Skin-friction drag was computed by equation (A7). Wave drag was 
computed for an "equivalent 11 body of revolution for each wing-body combination 
by application of the supersonic area rule (ref. 1). 

Drag due to lift and maximum lift -drag ratio . - In computing the drag due 
to lift, no leading-edge thrust was assumed; therefore, the drag due to lift 
was assumed to be equal to the lift times the angle of attack. In accordance 
with this assumption, the maximum lift -drag ratio was computed by 
equation (A8) . 
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TABLE I.- EST IMATED SKIN -FRI CTION AND LEAD ING -EDGE BLUNTNESS -DRAG CORRECTIONS 
M AC-n I ZiCn II M | AC~__ | AC n _ I 


M 

“D SF “Djj M 

Q W 

3 


Model 1 


Model 6 

0.4 

0.0032 0 

0.4 

0.0030 

.7 

.0032 0 

•7 

.0027 

.9 

.0033 0 

.9 

.0026 

1.0 

. 0034 0 

1.0 

.0026 

1.1 

.0035 0 

1.1 

.0027 

1.4 

.0039 0 

1.4 

.0029 

1.98 

. 0027 

0004 1.98 

.0030 

2.94 

. 0027 

0006 2.94 

.0026 


Model 2 


Model 7 


.0011 

.0011 


.0033 

.0029 

.0027 

.0027 

.0027 

.0030 

.0034 

.0025 


.4 
• 7 

.9 

1.0 

1.1 

1.4 

1.98 

2.94 


.0031 

.0023 

.0020 

.0021 

.0022 

.0026 

.0025 

.0020 


.0009 

.0009 

.0009 



Model 3 



Model 8 

.4 

.0030 

0 

.4 

.0015 

• 7 

.0027 

0 

•7 

.0014 

• 9 

.0026 

0 

1 -9 

.0013 

1.0 

.0026 

0 

1.0 

.0013 

1.1 

.0027 

0 

l.l 

.0012 

1.4 

.0029 

0 

1.4 

.0012 

1.98 

.0030 

. 

0003 1.98 

.0018 

2.94 

.0026 

• 

0003 2.94 

.0015 


.0003 

.0003 


Model 4 

Model 9 

.4 

.0030 

0 

.4 

.0020 

0 

.7 

.0027 

0 

• 7 

.0019 

0 

.9 

.0026 

0 

• 9 

.0018 

0 

1.0 

.0026 

0 

1.0 

.0018 

0 

1.1 

.0027 

0 

1.1 

.0018 

0 

1.4 

.0029 

0 

1.4 

.0019 

0 

1.98 

.0030 

.0006 

1.98 

.0024 

.0002 

2.94 

.0026 

.0006 

2.94 

.0019 

.0002 

Model 5 I 

I Model 10 

, 

' 



1 

- 

— 


0030 

0029 

0028 

0027 

0027 

0024 

0024 

0019 





2 . All linear dimensions are in inches. 


3. All wings were attached in a mid-wing location to a circular body of 
of revolution. 


(a) Model 1 



F.S. 

0.000 



(b) Model 2 

Figure 1.- Model Geometry. 
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6 linearly along the wing span. 


(c) Models 3> 6 



(d) Model 7 
Figure 1.- Continued. 








-moment characteristics of model 1 
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Figure 




Figure 2.- Concluded 
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Figure 3*- Lift, drag, and pitching-moment characteristics of model 2. 





Figure 3*~ Concluded 
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Figure 5*- 


(a) vs. i 
Lift, drag, and pitch 



-moment characteristics of model 4. 


















Figure 6.- Concluded 
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(b) C 


Figure 


1 1 M 

Flagged symbols denote 
data obtained with the 
sting offset 7° 
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7 • - Concluded 
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(a) C L vs 

Figure 8.- Lift, drag, and pit 
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;-moment characteristics of model 7 
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(a) vs. a and v 
Figure 9*- Lift, drag, and pitching -moment 



characteristics of model 8. 







8 12 16 20 24 . 04 0 -.04 -.08 -.12 (for M = 0.4) 

a, deg C m 

(a) vs. a and vs. C m 

Figure 10.- Lift, drag, and pitching -moment characteristics of model 9> 









Figure 10.- Concluded 
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(f) Model 6 

Figure 15- - Continued. 





(h) Model 8 
Figure 15 *- Continued 








( j) Model 10 
Figure 15- - Concluded. 








(a) Model 4 
e l6. - Continued 















(b) Model 2 

curve slope as a function of Mach number. 





















(a) vs. a and. C-^ vs. C m 


Figure 19- - Reynolds number effects on the lift, drag, and pitching -moment characteristics 

of model 11. 
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